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STJ?rttfARY 


It is pointed out tliatj in th.e case of an airfo.il 
of infinite aspect ratio moving at an angle of sideslip, 
the pressure distribution is deteriiiined solely by that 
component of the motion in a direction normal to the 
leading edge. It follows that the attachinent of plane 
waves to the airfoil at near-sonic or supersonic speeds 
(Ackeret theory) may be avoided and the pressure drag 
may be reduced by the use of plan forma in which the 
angle of svfeepback is greater than the Mach angle. 

The analysis indicates that for aerodyna-iic effi- 
ciency, wings designed for flight at superaonic speeds 
should be swept back at an angle greater than the Mach 
angle and the angle of sv/eepback should be such that the 
component of velocity normal ‘to the leading edge is less 
than the critical speed of the airfojLl . sections . This 
principle may also be applied to wings designed for sub- 
sonic speeds near the speed of sound, for which the 
induced velocities resulting from the thickness might 
otherwise be sufficiently great to cause shock waves. 


IHTRODUCTION 


The theory of potential flov;s with sm.all disturb- 
ances is particularly suited for application to aero- . 
nautical problems because the assumptions of small 
disturbances and isentropic flows on w/iich this theory is 
based agree with; the requirements for efficient flight. 
Theories of large disturbances, which deal with tiie 
formation of shock waves, are of lesser practical interest 
since such theories describe tlie losses of energy and 
the large drags associated with unsuitable forms. • > 

At subsonic speeds the assumption of small disturb- 
ances leads to tne well-imown thin-alrfoil theorv and 
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the Prandtl-Glaaert rule [references 1 and 2); whereas 
at - supersonic velocities- -this- assumption leads to the 
Ackerat theory (reference 5)# according to which the wing 
sections generate plane sound waves of small amplitude. 
The assumption of. small disturbances, although mathe- 
matically valid in the limiting case, does not, of course, 
insure that such a condition vrill exist with an actual 
body of finite thickness. Partunately, experiments have 
been made that show in a general way the limits of appli- 
cability of this assumption. Of particular Interest are 
the experiments of Perri (reference 1|.) and Stanton 
(reference 5)* 

At present both the experiments and the theory have 
been restricted primarily to the two-dimensional flow 
caused. by motion of the wing at right angles to its long 
axis. For this case the theory shows a radical change 
in the properties of the v/ing on transition from subsonic 
to supersonic speeds. At subsonic speeds the air flows 
smoothly over the v;ing section and no pressure drag 
arises f At angles of attack a suction force is developed 
on the nose of the airfo.il of . sui'ficiont magnitude to 
bring the resultant air force forv^ard relative to the 
chord axis to a position nearly at right angles to the 
relative wind. As soon as the speed of sound is exceeded, 
however, the nature of the flow changes and these favor- 
able characteristics disappear. Instead . there arise a 
pressure drag proportional to the square of the thickness 
and an additional. 'dr aj 3 equal to the lift times the angle . 
of attack. These ' adverse effects are associated with the 
formation of plane sound waves by the airfoil. Predic- 
tions of the theory are borne out by experiments in 
supersonic viind tunnels. 

The purpose of the present report is to show hov/ 
the adverse effects of higl:i speed may be minimised by 
the use of a relatively large angle of sweepback, so 
that the type of flow described, in tlie Ackeret theory no ' 
longer occurs. Certain effects of sv/eepback have, of 
course, been 'knov/n for some tirae (references 6 to 9)* 
Kussner (reference 8) mentions compressibility effects 
of sweepback at subsonic speeds. BiJ-semann (reference 9) 
considers the effect of sweepback at sunorsonic speeds 
and points out that the drag associated with flows of 
the Ackeret t 77 pe may be reduced by the use of awecpback. 
Busemann does not, - hov/ever, consider angles of sweepback 
greater than the Mach angle, which result in a different 
type of flow. 
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SYsABQIS : 




f 


*■ 


a 

angle of attack 

- 

? 

angle of sideslip or 

jsweepb.ack 

XI, v,w 

velocity components 

along X, y^ z 

x,y,z 

coordinates , 

. \ 

7 ^ 

tr’ahsf orined coordinate y ■ '• ' 


b 

c 

t 

V 

L 

D 

Cd 

Y. 

Ap 

q 

0 


v/ing span 

wing chordi velocity of so'and 
tiiickness 

velocity of flight 


distxirbance~velocity potential 
lift 


<h>ag 

lift coefficient 

drag coefficient' = - - - - 

» 

Mach nuDiber 

local pressure difference 
dynamic pressure 


spanwise -location parameter 


(■ 


cos 


-1 


b/2 J 


THEORY OP V/ING jYC AIT . ANGLE OF SIDESLIP 


The prisiary effects of sweepback may be illustrated 
by considering the problem of a long and approximately 
cylindrical airfoil at an angle of sideslip. T>.vo such 


9 
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airfoils may then be combined (v/ith due allowance for 
their interference) to give a swept-back plan form. 

First consider the airfoil with its long a^cis 
parallel to the X-axis and with the relative wind at an 
angle j3 to the coordinate system as in figure 1, By 
following equation (9®-) of reference 2 the differential 
equation of the flow may be written 



( 1 ) 


The Prandtl-Glauert rule follows from the assump- 
tion that only the velocity component u is comparable 
to the velocity of sound. In the present example both u 
and Vj since they contain components of the flight 
velocity, are of the order of magnitude of the sound 
velocity c. On the other hand. If the flow patterns in 
planes perpendicular, to the long axis of the v/ing are 
similar ( two-dimensional flow ) , the terms du/dx and 
6v/6x vanish. 

If small velocity disti-irbances are as s vane d, the 
term w/c may be neglected and the - term 1 may 

be replaced by 1 - where V cos ^ is the 

component of the flight velocity in the direction normal 
to the long axis of ‘tlie wing. By using this relation 
and introducing the disturbance potential 0 , there is 
obtained - 


V cos p 
c 





+ 


_ 


dy^ dz^ 


- 0 


( 2 ) 


It is important to note that the derivation of this 
equation involves no restriction on the flight velocity V, 
which may be subsonic or supersonic. The restriction is 
that the disturbance , velocities_ d^/dy ^id dj2f/dz be 
small relative to c . 
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c; 


If V cos p is less than the soimd velocity c, 
the substitution 




y 


b) 


yields Laplace's equation 

+ ^ = 0 
6y>^ 6z^ 


and it follows that the flow patterns are sinilcr to 
those occurring in an incompressible fluid except for an 
increase of the pressures in the ratio 


1 


If V cos p is greater than c, the substitution 

5 ^' = ■ ■ ■ ( 5 ) 

- 1 

results in the hyperbolic equation 

^-^=0 ( 6 ) 


which is the basis of the *^koi’et theory. 

The derivation of equations (I 4 .) and ( 6 ) is actually 
a specxal case of a more general statementj, naraely, that 
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the ..component of translation of a cylindrical body in 
tlie direction of Its long axis has no effect on the 
motion of a frictionless fluid* In the case of a wing 
of constant section movir_g through still fluid, the flov/ 
is determined by the normal components of velocity of 
its solid boundaries and the s_e components in tiirn are 
completely specified by the component of motion in planes 
perpendicular to the axis V cos p. When the normal 
component of velocity V cos p is less than sonic, then 
the wing-section flows are determined, by solutions of 
Laplace ^s equation. As is well !^mown, these flows shov/ 
no pressure drag due to thickness of the airfoil, 0n_ 
the other hand, if the normal component exceeds the 
velocity of sound, the flov/ patterns are of a different 
type and are characterized by plane sound waves. In 
tiiis case a pi»essuro drag arises and the suction force 
at the leading edge disappears (fig, -2(a)). 

A physical explanation of the occurrence of smooth 
flow patterns and pressure distributions at supersonic 
velocftles is as f ollov/s : If V is greater than c 

but V cos p is less, then the angle of sideslip or 
sweepback is greater than the Mach an.gle (see fig. 2(b)) 
and the airfoil will lie behind the characteristic lines 
along which pressure influences are transmitted (Mach 
lines). Thus, although the fluid directly upstream from 
a given section can receive no pres3\ire signal from this 
section, the fio\v behaves as though it did receive such 
signals because of the successive influence of similar 
sections farther upstream along the airfoil. The stream- 
lines will thus be caused to curve and follow paths 
appropriate to a subsonic flow, altliougli the speed is 
everywhere supersonic . ■ . 

P'lgure 3 illustrates the effect of sweepback on the 
change in cross section of a stream tube passing near 
the upper surface of a carAbered airfoil, Ajs is well 
known, the equations of fluid motion, show a reduction in 
the area of a streai-.i tube in tiie region of increased 
velocity above the airfoil v/hen the velocity of fligjit 
is subsonic but show an increase in the cross section 
when the velocity of flight is supersonic. In figure 3 
the component normtil to the leading edge V cos p is 
subsonic and hence in section view the streamlines, 
following the pattern for subsonic velocities, appear- to 
contract as they flow over the upper surface. In plan 
viev/, however, the resolution of ve-locities shows that 
the flow lines bend as they pass over the vfing in such 
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a way as to Increase the stream- tube area. In case the 
velocity of flight is supersonic, the latter effect must 
predominate, as is required by the equations of motion. 

The order of magnitude of the pressure-drag coeffi- 
cient and its variation with angle of sweepback are indi- 
cated by figure k-. The calculations 7/ere made by applying 
the Ackeret theory and formulas (ij.) and (5) to a wing of 
infinite aspect ratio, A simple biconvex wing section 
was assumed and the angle of attack 7^as varied so as to 
maintain a constant lift coefficient of The calcu- 

lations were made for a Mach number Qf'l.it-, with the 
result that at ^5° the angle of sweepback becomes equal 
to the Mach angle- and the factor 


1_ 

1 

becomes infinite. At tills point the pressure drag due 
to thickness becomes infinite and the drag due to angle 

of attack (shown by the curve marked — 0) vanishes, 

o 

In the case of a wing of finite aspect ratio, it 
seems probable that in the regions of the center section 
and the tips pressure drags of the same order as those 
indicated for these sections by the i'lCkeret theory will 
appear. If the wing is of sufficiently high aspeci 
ratio, however, tLie fraction of the wing area affected 
will be negligible and the pressure drag will be nearly 
that given in figure i|.. The other drags Involved are: 
(1) skin-friction- drag, v/hich i^ay be of the order of 
0.01, and (2) induced drag, which for an aspect ratio 
of 8 is also about 0.01, 


WINGS OP FINITE SPAIT >iND THICKNESS 


Schiichting (reference 10) propqses a trapezoidal 
plan foimi v/-ith tips cut away at the Mach angle as the 
ideal supersonic wing, since in this case the wake has 
no influence on the lifting surface and the drag is no - 
greater than that of a wing of 'infinite span. In the 
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plan rorms proposed by Sciilichtln^, lioyrever, the resiUtant 
force remains at right angles to the chordj hence the 
presstire ■ dr ag is equal to the lift, tiiues the angle of 
attack. With this type of flow there is no favorable 
effect of aspect ratio. 

It is interesting to note that a favorable inter- 
ference may be obtained by separating the wing into liftliig 
elements and staggering the elements . in a rearward direc- 
tion behind the Mach lines as in. figure 5* In tlie st^- 
gered arrangement the upflov'sr outside the vortices trailing 
from element A will be effective at the position of B 
and, although the lift of each eloment is at right angles 
to its chord, the upfiow permits the angle of attack of 
element B to be reduced for the same lift and lionce the' 
lift-drag ratio v/111 be iiaprovod. 

According to Munk*s atii£^ger theorem (reference 11) 
the over-all drag of a lifting system in an incompres- 
sible floYif would not be altered 'by changing the relative 
positions of the lifting elerients along the direction of 
flight. In the type of flov.- considered hir Munk, there- 
fore, a reduction in the drag of element caused by 
moving it into a i^osition' of greater upv/asii (that is, 
moving it back.vai’d relative to A)^ v/ould be compensated 
by an equal Increase in the drag of element A, resulting 
from the loss .of upwash at A, (See fig. 5«) super- 
sonic flow, however, this reciprocal relation does. not 
exist since a lifting element can produce no upwash ahead 
of its Mach cons. Lifting elements spaced at right angles 
to the direction of fli^dit therefore' have no favorable 
Interference and it is evident that the lift-drag ratio 
cannot be improved mex’oly by increasing tho aspect ratio 
of the lifting system. Favorable interference can be 
obtained only by arranging the lifting elements behind 
the Mach lines, os shown in figure 5* 

Further analysis is needed to determ.:-ne the flow 
near the center . section of the swept-back wi.ng because 
in this region the flow will not remain two-'diinensibnal, 
as has been assumed. Departures from cylindrical flow 
caused by the tips will be small since their influence 
cannot extend forward of the Mach linos drawn from the 
points at which these depai-’tures originate in . the plan 
form. As pointed out by Busemann and Schlichting 
(references 9 ahd 10), cylindrical flov; may be i^roserved 
rigiit up to the tips by cutting them off along the Mach 
lines. (See fig. 6.) 
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At large angles of sweepback the flow near the 
vertex is expected to be similar to that over the lo\f;- 
aopect-ratio triangular ad-rfoil discussed in reference 12 
i’igure 7 shows the lift- distribution obtained* in refer- 
ence 12 and shows qualitatively the type of ^proxima- 
tion involved. ■ " 

Finite thickness is expected to result in a pres- 
sure drag on those sections near tlie center of the wing 
and further, study is also required to establish the flow 
due to thickness in this region. Some insight into the 
problem of flov/ near trie .center section may be furnished 
by the known solutions for supersonic flow in three 
dimensions (reference Ip)* Finite thickness may also 
cause pressure drag in regions v/liere the flow is two- 
dimensional if the induced velocities are great enough 
to cause shock v/aves. This effect may be avoided by 
increasing the angle of sweepback so that tie norcial 
component of velocity not only Is subsonic but is less 
than the critical speed of ,tne airfoil sections . ' This 
principle may also be applied to wings des-igned for sub- 
sonic speeds near the speed of sound. 


Langley Llemorial Aeronautical Laboratory 

National Advisory Committee for Aeronautics 
Langley Field, Va., June 23, 1945 
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Figure 4»“ Variation of pressure drag with angle of sweepback for 
Infinite aspect ratio. H = 1*4» Cj;^ - O. 5 . 

I 



Fig. 4 NACA TN No. 1033 



NACA TN No. 1033 


Fig. 5 
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Figure Staggered lifting elements In supersonic flow 



Fig. 6 
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Figure 6«- Wing with tips cut away along the Mach lines 
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Figure 7 ,- ^proximate distribution of lift near vertex of wing with large angle of aweepbaok. 
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